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ABSTRACT

This report presents experimentsl values of the heat flux distridu-
tion in the exhaust nozzle of a rocket motor burning WFNA-NHB propel-
lants at combustion pressures of 500 and 500 psia over the mixture ratio
range 1.1 to 3.0, In addition, two runs vere made at an increased com-
bustion pressure of approximately 1000 psia. Local gas film coefficients
and wall temperatures were calculated at each section of the nozzle for
all dats points, eand the local IMusselt number was correlated in terms of
the Reynolds and Prandtl mmbers.

Values of the wall temperature and heat flux distridution ealou-
lated by the afore-mentioned correlation equation, by the methods of
Bartz and of Sibulkin are compared with the experimental values.

The data for cecleulatlng the performance parameters for the rocket
motor were measured durlng each of the runs for determining the heat

transfer rates.




INTRODUCTION

The object of the investigation reported herein was to determine
the exlal variation of heat flux for a rocket nozzle and to compare the
experimental values with those calculated by employing equations pre-
sented in the literature (1)(2)(21).* A correlation equation for the
local gas film coefficient was also obtained from measurements of the
local heat flux.

To obtain experimental values of the local heat flux in a rocket
nozzle, static rocket motor firings were conducted at the Purdue Univer-
8ity Rocket Laboratory employing a nominal** 200 1b thrust rocket motor
burning the propellants WFNA (vhite fuming nitric acid) and liquid
ammonia, A specid ly designed nozzle was utilized which made it possi-

sk
ble to obtain silx measurements of the local hent flux.

Mumbers in parentheses refer to Bibliography.

Although at the higher chamber pressures the rocket motor
developed more than 200 1lbs thrust, the initial design conditions speci-
fied 200 1lbs thrust at a chamber pressure of 500 psia.

ok s
The complete calculations, and all of the data are presented

in Reference 27.




DESCRIFTION OF AFPFARATUS

Rocket Motor Components end Control System

For the purpose of measuring the heat flux distribution in the noz-
zle of a rocket motor, a rocket motor was designed to operate at 500 psia
combustion pressure and 200 lbs thrust with a propellant combination of
WEFNA (white fuming nitric acid) and liquid ammonia, The characteristic
length, L#*, of the motor was 80 inches. The rocket motor test stand
with its associated econtrol, instrumentation and feed lines is shown in
Figs 1. The experimental nozzle is located in the left center of the fig-
ure, The rocket motor was operated from the main control panel shown in
Fig. 2. The pressure regulators and pressure gages associated with the
propellant tenks and purge system are mounted on the upper right hand

panel.

Hydraulic Throttling Valves

Two hydraulic throttling valves which could be controlled from the
lower right hand panel were employed to vary the propellant flow rates.
As the start was always made at stoichiometric mixture ratio, the mixture
ratio was either from stoichiometric to high or stoichiometric to low mix-
ture ratio. A by-pass arrangement was incorporated in the valves which
allowed approximately 70 per cent of full flow vhen the valves were com~
Pletely closedf This by-pass arrangement made it possible to obtain the
correct startup flow rates by setting the propellent tank pressures. After
the start was initiated, the control valves were regulated until the fuel
and oxidizer flow rates corresponded to previously determined run points.

The fire switch and acius iing switches for pressurizing, purging,




Fig. 1, Rocket Motor Test Stand




Main Control Panel

Figo 2




and venting are located on the central panel.

Sectional Nozzles

Two sectional nozzles were employed during the investigation reported
herein. Figure 3 is an assembly drawing of the first nozzle. The nozzle
was made up of twelve sections which were aligned with two 1/2 in dowel
pins end bolted together. To prevent gas leakage to the atmosphere, an
O-ring seal was employed between sections, and, as an added precaution,

a graphite-~water emulsion was painted on each section prior to assembly. .
This method of sealing worked satisfactorily and no gas leakage occurred.

Each of the 12 sections was composed of two parts, an inner coolant
channel which was exposed to the hot combustion gas znd an outer retain~
ing ring into which the coolant channel was welded., Two radial inlet and
outlet holes were drilled in the retaining ring to provide each wolant
pessage with an independent coolant supply.

Figure 4 is a photograph of & partial assembly of the nozzle with
the indexing pins in place.

When the first run was made using the afore-mentioned nozzle it was
noted on shutdown that all of the coolent passages were leaking at the
welds. The coolant passages were pressure tested to 1000 psi prior to the
first run, and thus the leacks must have developed either during the run
or at shutdown (when the full coolant pressure was across the hot walls
of the inner coolent channel). An attempt to repair the nozzle by reweld-
ing the sections was unsuccessful because the sections warped when they
were welded and there was no excess metal on the sections to permit finish

machining.




SECTION B

N\
X T XTI 2
Iy

B -

SEmamvm e

Ay
= Smn A

eSS N

SITANWANR NN

T o WL L\ AN T VRV W W, -

27 777 2 LRl LE

r -2l L LM~
SSRAMAWMAERAEA B AW -

{\
SAATRAMMNEBAWAN S S RUEA VR L L -
Py 7 2 2T 2 R )7 P72 )

2 7 S ] 2\
e

3.000

SECTION A

i/ 4w s i 7 4/ s B .!’I.I.I.I.I:V

ST T T L LT WL AT
S eSS

o=
\___—'I_._

H

-
~———

FIG.3 ,ASSEMBLY DRAWING OF FIRST SECTIONAL NOZZLE




Fig. 4, Partial Assembly of First Sectional Nozzle
with Indexinz Pins in Place




A gecond nozgzle vas-designed; this nozzle proved successful and was
used for the remainder of the program. Figure 5 presents an assembly
draving of the second nozzle. The nozzle was nade with a one piece inner
nozzle wall and the heat flux measurements were made by dividing the cool-
ant flow to the nozzle into six geparste flows. The coolant passages con
sisted of channels machined integrally with the nozzle wall; the upper
boundary of the coolant passage was formed by a stainless steel retaining
band approximately 3/8 inch thickness. The retaining bands were welded
into the coolant passage to provide a water-tight seal and also to in-
crease the structural rigidity of the nozzle, Figure 6 shows the nozzle
attached to the combustion chamber of the rocket motor,

Both nozzles were constricted from %ype 321 stainless steel; the roz
zle exit area was selected such that the exhaust gas had a pressure
slightly higher than atmospheric pressure (underexpanded) at the exit plane.

Figure 7 presents the rocket motor and its control system. The main
components of the motor and its associated control equipment afr described

briefly in the following paragraphs,

Convectively Cooled Combustion Chamber
The convectively cooled eombustion chamber was fabricated from type
347 stainless steel and consisted of an inner liner surrounded by a heli-
cal cooling passage and an outer shell. The coolant velocity in the cool-
ant passage was approximately 52 fps at design conditions. The length to
diemeter ratio of the chamber was 2.0, and the inner diameter of the

chamber was 2.37 inches.
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Fig. 6,

Second Sectional Nozzle Attached
to Combustion Chamber

11
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In jector

A triplet type injector* having six impingement points, was used
throughout the investigation. To reduce the effect of injection pattern
on the heat transfer rates, the injector was used in conjunction with a
turbulence ring., Figure 8 is a photograph of the injector and turbulence
ring. Figure 9 shows the fuel and oxidizer injector pressure drops as a

. 0 » %t
function of mixture ratio.

Bipropellant Valve

The components of the bipropellant valve are shown in the upper sec-
tion of Fig. 7. The oxidizer and fuel gides of the valve were hydraulic-
ally actuated and could be operated independently of each other. On the
left end right hand sides of the siring loaded actuating cylinders are
shown the three way solenoid valves, oil accumulators, and restrictors.
The opening time of each side of the valve was regulated by the restrict-
ors which were in series with the accumulators, The restrictors consisted
of a check valve with a 0,0135 in hole drilled in the poppet of the check
valve. This arrangement gave restricted flow at opening and full flow at
shutdown., The valve pintles and valve body were taken from an Aerojet
5000 1b thrust JATO unit.

To provide an acid lead, which is desirable to reduce the possibility

% At each impingement point, two streams of oxidizer impinged on
a single stream of fuel; impingement occurred approximately 1/2 in down-
stream of the injector face. %ith this tyge of injection system, the re-
sultant momentum of the fuel and oxidizer streams is directed along the
axis of the combustion chamber regardless of the relative magnitude of
the oxidizer end fuel flow rates.

%% 1bs oxidizer/lb fuel




Fig. 8,

Injector and Turbulence Ring

1k
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of an explogive start, an electronic time delay circuit was utilized, The
time delay circuit is discussed in detail in reference 6., The circuit
was designed so that when the fire switch was actuated a relay immediately
energized the oxidizer opening solenoid; the fuel delay was accomplished
by connecting a resistance capacitance network onto the grid of a thyra-
tron gas tube which in turn supplied voltage to a relay acting as an on-
off switch to the fuel supply solenoid valve, Prior to the first run,
cold start tests were conducted under simulated run conditions and the
resistor in the resistance capacitance network was adjusted to give an
acid lead of 0,2 sec, Thié lead has been shown to be satisfactory by pre-

vious experience at the Purdue University Rocket laboratory,

Lithium Chamber
It was necesssry to introduce an agent which made the propelisnt com-
bination ignite on contact (bypergolic). This was done by inserting a
lithium chamber, shown in Fig. 7, in the fuel line between the injector
end bipropellent valve. Approximately 6 inches of lithium wire 3/32 in in

dismeter was used for each run; in all cases, a smooth start was obtained.

Purge System
The nitrogen purge system,.indicated in Tig., 7, was designed to ex-
tinguish the flame more rapidly on shutdown, and for purging propellants
which may have accumulated in the injector system. Following the nitrogen

purge, the acid side of the system was purged with water,

Auxiliary Cutoff Valves

As an additional safety precaution, & quick shutoff valve was pro-
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vided for the fuel side of the injector., This valve was opened and closed
gimultaneously with the acid side of the bipropellant valve by utilizing
the same actuating air pressure., At shutdown, the bipropellant valve
actuating air pressure also opened a dump valve and the fuel remaining in
the short line between the injector and bipropellent valve was dumped, If
the motor lud been damaged so that the fuel flow could not be cut off at
the thrust stand, it was possible to shut an air actuated emergency shut-

off valve at the fuel tank outlet.

Cooling System

Water was used as the coolent for both the nozzle and convectively
cooled chamber during all of the test runs reported herein, The coolant
flow retes were controlled and measured by seven cavitating venturis* of
different sizes. The venturis were designed and calibrated for use with
a water tank pressure of 1000 psig. One venturi supplied chamber coolant
at the rate of 1.05 lbs/sec, at 1000 psig manifold pressure, and the re=-
maining six venturis supplied coolant to the nozzle test sections., The
nozzle flow rates varied from a minimum of 0,207 lbs/sec at the second test
section to a maximum of 0.536 lbs/sec in the throat section for the mani-
fold pressure of 1000 psig. The ratio of controlled back pressure (that
pressure at which cavitation ceases) to the upstream total pressure (con-
trol point) varied from 0.5 to 0.70 for the venturis used. DBefore the
first run, the pressure drop across each section was measured end compared
with the control point of each venturi; it was found that all of the ven-

turis were operating well within the cavitation limit. To minimize the

% A detailed description of cavitating venturis can be found in
reference 10.
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pressure difference between the coolant passege and the combustion chamber
and to inerease the upper limit of nucleate boiling for the coolant, an
orifice was ingserted at the chamber coolant outlet; throttling orifices
were not employed at the exit of the nozzle passages because the pressure
drop of the passage of each section provided sufficient back pressure,
The chamber and nozzle coolant was supplied from two tanks with a totel

capacity of 1150 lbs of water,

Thrust Stand
The thrust stand consisted of a four bar linkage supported on ball-
bearing pivot joints (3). Loops were incorporated in the lines to mini-
mize the hysteresis in the calibration and run points, A system was pro-

vided for thrust calibration.

Propellant Tanks
The propellant tanks were constructed from AISI type 347 stainless
steel and were equipped with suitable pressurizing and vent valves, The

propellant capacity was 330 lbs of JINA end 135 lbs of NHB.

Instrumentation

Heat Transfer and Performance Parameters
During each run, the following parameters were determined:
1) Thrust
2) Combustion pressure
3) Oxidizer flow rate

L) TFuel flow rate
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5) Oxidizer injection pressure

6) Fuel injection pressure

7)Y Venturi menifold pressure

8) Ammonia orifice temperature

9) Chamber coolant outlet temperature

10) Nozzle coolant temperature rises
Electrical signals proportional to the above items were recorded on
Minneapolis Honeywell automatic recording potentiometers, and items 2, 3,
L, 5, and 6 were also recorded simultaneously on a Consolidated Engineer-
ing Recording Oscillograph, Milliammeters located on the control panel
indicated the parallel electrical output of items 2, 3, and 4 and were
used during the run to indicate the propellant flow rates and combustion

pressure,

Pressure and Thrust Measurement

All differential and static pressures were measured utilizing Wiancko
reluctance type transducers. The thrust developed by the motor was mea-
sured by employing a Wiancko force pickup., Before each run, the differ-
ential pressure transducers were calibrated by means of a dead weight
tester and the static pressure pickups were calibrated, with air pressure,
egainst a standardized Heise gage (least count of 5 psi)s The thrust
Pickup was calibrated with weights which were placed on a plat form con-
nected by means of a lever arm to the thrust stand, The propellant flow
rates were calculated from the measurced pressure drop across sharp-edged
orifices located in the propellant lines. The orifice pressure drops

were measured by means of the differential pressure transducers.




Temperature Measurements

The chamber coolent outlet temperature and ammonia orifice tempera-
ture (necessary for calculation of the “fuel densily) were measured by thermo-
couples end were recorded on-two Minneapolis Honeywell recorders which had
been previously calibrated to measure absolute temperatures,

Measurement of the nozzle coolant temperature rise by recording the
inlet end outlet temperatures separately and computing the difference was
considered unsatisfactory; in some cases the difference was as small as
10 F; therefore, the inlet and outlet thermocouple voltages were connected
in opposition so that the net EMF was proportional to a temperafure rise.
A thermocouple reading of the net EMF of each thermocouple pair could be
taken every 1.5 sec with the aid of a stepping switch, A schematic dia-
gram of the thermocouple circuit and a photograph of the stepgping switch
is shown in Figs. 10 and 11,

Each thermocouple pair was calibrated with respect to a reference
temperature of 65 F (the average coolant inlet temperature) using a Min-
neapolis Honeywell Recorder with a full scale deflection of 2.5 mv, Prior
to the thermocouple calibration, the recording instrument was calibrated
against & Leeds amd Northrup Yenner Standardizing potentiometer; the po-
tentiometer output cculd be set to the nearest miero-volt. The thermo-
couples were calibrated against a precision thermometer having a least
count of 0.2 F. The thermocourle output at a particular temperature fell
approximately l.5 per cent below the values recommended by Leeds and
Northrup (15). Since the readings of all the thermocouples were consis-
tent, only one calibration curve (Fig. 12) was necessary.

The thermocouples were installed so that the coolant water was made
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Thermocouple Stepping Switch

Fig. 11
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to flow axially along the leads for approximately 1 1/2 inches; this are
rangement minimized conduction errors from the thermocouple junction,
Calculations were made for the heat loss from the coolant as it flowed
from the test section outlet to the thermécouples and, under the worst
loss eonditions, the maximum error in measu rement of the temperature could

not have exceeded 0.5 per cent,
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EXPERIMENTAL RESULTS

Heat Transfer

Heat transfer data were obtained with the water-cooled sectional noz-
zle of the rocket motor operating with the NHB-WFNA propellant combination

over the following range of variables:

1) Combustion pressure - 477 to 999 psia

2) Thrust of rocket engine 196 to 433 1lbs

3) Mixture ratio 1,0 to 2.97

l4) Combustion gas temperature 2930 to 3990 F

5) Heat flux 0,99 to 8,17 “*§§2~§*
sec in

6) Reynolds number (diameter) 2.88(10)5 to .’!.5.8(10)'5

The heat transfer results obtained with the sectional nozzle are pre-
sented in Table 3 of Appendix 3. 4Also included in Appendix 3 is a de-
tailed sample calculation of the heat transfer results for a typical run,

Figure 13 presents the experimentally determined Nusselt numbers as
a function of the Reynolds and Prandtl numbers for the sectiocnal nozzle,
The physical properties in the Nusselt, Reynolds, end Prandtl groups were
evaluated at the arithmetic mean* film temperature. The heat transfer re-
sults for each section are indicated on the figure. In sections 1, 2, and
3, which are the sections closest to the combustion chamber, the experi-
mental Nusselt numbers are corrected for gas radiation as described in

Appendix 3. Figure 14 presents the experimental heat flux distribution in

% The arithmetic mean temperature is defined as the average of the
free stream static temperature and the wall temperature.
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the sectional rocket nozzle for the stoichiometric mixture ratio of runs
5 and 12.* The values obtained are typlcal for all of the runs and indi
cate not only the large values of heat flux that are obtained at the
nozzle throat but also the effect of combustion pressure on the heat
flux distribution.

Fioure 15 presents the experimentelly determined heat flux and the
values of heat flux calculated from the theoretical equations (1)(2)(21).
Figure 16 presents the calculated and experimentally determined values
of wall temperature. Comparison of the experimentgl and theoretical val-
ues wos made for similar.gas flow conditions.**

Data obtained from runs 13 and 14 indicated that local values of
the heat flux at a particular nozzle test section increased with lncreas-
ing combustion pressure. The largest percentage increases in the heat
flux occurred in Sections 1 and 2, and the smallest at the nozzle throat.
For Sections 1 and 2, the heat flux at 1000 psia combustion pressure was
approximately 45 per cent hizher than the averaze heat flux for all of
the runs at 500 psia combustion nressures. Over the same range of com-

bustion pressures, the throat heat flux increased by only 17 per cents

®
As previously indicated the mixture ratio was varied during

each rocket run, :

Heat transfer calculations were made for a combustion pres-
gure of 600 psia and a mixture ratio of 2.22 (stoichiometric). The
results are compared with the averaze experimental values for approxi-
mately 600 psia combustion pressure and stoichiometric mixture ratio.
The complete calculations are presented in Reference 27, Appendix 5.
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Performance

Rocket motor performance data and results are tabulated in Teble 4
of Apperdix 3, ZExperimental values of the specific impulse (corrected
for heat transfer and deviations from the nomingl chamber pressure),
thrust coefficient, and characteristic exhaust velocity at 500 and 600
psia combustion pressure are plotted as functions of the mixture ratio ‘
in Figs, 17 and 18, The theoretical (frozen equilibrium)* performance
is indicated on the figures.

The maximum experimental values of the specific impulse (correcte@,
thrust coefficient, and characteristic exhaust velocity occur at a mix-

ture ratio of approximately 2.0 (slishtly fuel rich). At 500 psia the

values are
spe = 223 sec
CF = 1.43
o* = U910 fps
and at 600 psia
spe = 227 sec
OF = 1n)~""l'
O* = BOT70 fps

The frozen equilibrium specific impulse is that value of spe-
cific impulse which would be obtained by a rocket motor if the composi-
tion of the combustion gas remdned constant during the expansion pro-
cess,
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DISCUSSION OF EXPERIMENTAL RESULTS

Heat Transfer

Correlation of Experimental Heat Transfer Results
The heat transfer results presented in Fig. 13 apply to the hot gas

film coefficient and were correlated by the equation

1/3
Nu, = 0,020 Rgfa Pr (1)

D D
where the characteristic length is the local nozzle diameter and the
physical properties are evaluated at the arithmetic mean film temperature.

The exponent of the Reynolds number was chosen to be 0.80';t and the
Prandtl number exponent was selected as 1/3. Utilizing these exponents
the constant coefficient was calculated for each combination of Nusselt,
Reynolds and Prandtl numbers and the numerical average was selecte? ag
the best fit.

If the Nusselt number at the throat is calculated from equation 1
the value is too low, If only the throat Nusselt numbers are ured to ecal-
culate the constant coefficient of equation 1, the coefficient in the di-
mensionless correlation is 0.023, It should be noted that, while the
heat transfer results for Sections 1, 2, 3, and 6 (see Fig. 13) seemed to

oscillate about the line representing the correlation equation, the re-

% The exponent of 0,80 has been shown to be satisfactory for many
gases,(l6). Calculations based on new experimental heat transfer results
for heat transfer at high temperature differences between the gas and
wall indicate the value should be 0.77 (25).




sults at Section 4 (throat) were high, as previously indicated, and the
values of Section 5 (immediately downstream of the throat) were consis-
tently low, The low values of Section 5 might be explained on the basis
of throat geometry. It was found that, due to machining difficulties, a
cylindrical section approximately 3/16 in long was present in the throat
section, Without a smooth radius of curvature to the divergence cone,
the boundary layer would tend to thick+n downstream of the throat and
thereby reduce the heat transfer coefficient at that point. Hence, the
experimental values of the Nusselt number would be expected to be loWer
than the values calculated by equation 1,

The characteristic length in the Reynolds and Nusselt numbers was se-
lected as the local nozzle diameter.. Theoretically, a correlation of heat
transfer coefficients where the flow is undeveloped should be made on the
basis of the distance measured from the origin of the boundary layer (19)
such as the leading edge of a flat plate., However, for the type of flow
characteristic of rocket motor combustion chambers, it is virtually im-
possible to establish an effective starting point for the turbulent boun-
dary layer., Other investigators have noted (for example, reference 18)*
that fully developed pipe flow correlations give results which are approx-
imately correct.

There is considerable scatter of the Nusselt number from the corre-

lation line. As noted in Appendix 3, the procedure employed * for determning

* Calculations by Robison (18) show approximate asreement between
the sum of calculated local values of heat Pux and the overall experi-
mental value of nozzle heat flux. In this reference the oversll experi-
mental heat flux was defined as the ratio of the total heat transferred
to the coolant to the gas side heat transfer surface area.




the local gas film resistances was to calculate the overall resistance to
heat flow and then subbtract the calculated wall and liquid film resis-
tances from the overall resistance. Imploying that procedure, the sum
of the radiation and gas film convection resistances were calculated, To
separate the gas film resistance from that quantity, a radiation eorrec-
tion was applied as explained in Appendix 3.

In calculating the overall resistance to heat flow, the quantities
vhich could be determined experimentelly were the coolant bulk tempera-
ture and the heat flux for a nozzle test section, The adisbhatic wall
temperature (assumed to be the gas total temperature) was assimed to be
equal to the theoretical flame temperature (caleulated in reference 7)
multinlied by the square of the ratio of the experimental to the theor-
etical characteristic velocity. The calculated wall resistance to heat
flov is the ratio of the nozvle wall thickness to the thermal conduetivity
of the wall evaluated at the average wall temperature, and the calculated
liguid film resistance is the reciprocal of the liquid film heat transfer
coefficient. A correction was made for radiation extrapolation of the
method commonly employed in computing radiant heat transfer in furnaces.*

Some of the scatter of the heat transfer results irdicated in
Fig, 13 is probsbly due t§ such factors as (a) the variation in injection
pattern because of operating the motor with mixture ratios other then
the design mixture ratio (stoichiometric), (b) the roush combustion en-
countered with lov mixture ratio (i.u < O/F < 1.6), probably due to the
unequal injection presgure drops with those mixture ratios (see Fig. 9),

and (c) the scale deposits due to contaminants in the acid.

The complete calculations are presented in Reference 27.




Discuseion of the Heat Transfer
with High Combustion Pressures

It wvas indicated in the results for test runs 13 and 14 that the
larpest percentage increases in local heat flux due to increased combug~
tion pressure occurred in Sections 1 and 2, while the smallest percentage
inerease occurred in the throat section., The larger increases of heat
flux at Sections 1 and 2 may be partly explained on the basis of the
relative magnitude of the convection resistance compared to the totel re~
sistance to heat flow, In Sections 1 and 2 the convection resistence
comprises approximately 80 per cent of the total resistance to heat flow
vhereas, in the throat section, the convection resistance accounts for
approximately 60 per cent of the total resistance. Hence, decreases in
the comvection resistance due to increases in combustion pressure are
more siznificant in Sections 1 and 2, It is, therefore, concluded that
for the same nozzle the peak of the heat flux distribution curve becomes
less pronounced as the combustion pressure is increased,

Comparison of Ixperimental and Theoretical
Heat Transfer Results

Figures 15 and 16 summarize the results of the heat tramsfer caleu-
lations (27). TFor generality, the calculated values of heat flux and
wall temperature are plotted as functions of the fractional distance
along the nozzle axis, and as noted previously, the averaged experimental
results for similar conditions are also presented,

Figure 15 indicates that the best azreement between the analytical
curves and the experimental points, is given by the correlation equation;

hovever, at the throat the heat flux predicted by the correlation equation
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is lov by 12 per cent, Calculations based on Sibulkin's incompressibvle
analysis (21) gave heat fluxes consistently hisher than the experimental
values and over-estimated the peak value by 8 per cent. The best predic-
tion of the throat heat flux was by the simplified (2) and turbuient
boundary layer (1) analyses of Bartzs both of Bartz's methods gave, how-
ever, calculated values consistently hisher than the experimental heat
flux values at all other sections of the nozzle.

Fioure 16 shows the variation of the nozzle wall temperature with
dimensionless axial distance, The comments made above rezarding the com-
parison of the calculated and experimental heat flux distributions also
apply to the wall temperature distributions, Wall temperatures computed
by means of the correlation equation gave the best ggreement for most of
the calculated points; however, the colculated throat temperature was
only 1660 F compared to the experimental* value of 1850 F. According to
calculations employins Sibulkin's analysis, the throat temperature was
2025 F, Both the simplified and turbulent boundary layer snslyses of
Bartz gave throat wall temperatures which were higher than experimental

by only 60 F.

Performance
At 500 psia combustion pressure the previously indicated maximum
experimentel values of the corrected specific impulse, thrust coeffil-
cient, and characteristic exhaust velocity are 92, 96, and 92 per cent

of their corresponding frozen equilibrium values. At 600 psia combustiom

T -5

It 1s emphasized that wall temperatures were not measured,
Henceforth, the experimental value of wall temperature is meant to be
vall temperatures calculated on the basis of experimental heat fluxes.
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pressure the ratio of the maximum experimental values of those parame-
ters to their theoretical values is 91, 96, and 96 per ecent. The cor-
rected specific impulse, referred to gbove, is that value of specifie
impulse which would be ohtained if the experimentel motor were regenera-
tively cooled. The method'employed for calculating the correction for

regenerative cooling is described in Appendix 3.
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CONCIUSIONS

1. The heat flux was measured in a specially constructed nozzle and the
heat flux as a function of nozzle lergth for two typical run points is
presented in Fig. 1l4; the results for the other runs are presented in
Table 3, Avpendix 3.

2, Increasinz the combustion pressure increased the heat flux. At 500
peia combustion pressure the aversze maximum throat heat flux was 6.55
Btu/sec in2 at stoichiometric mixture ratio and at 1000 psia combustion
pressure the maximum heat flux was 7.67 Btu/sec ina. an inerease of 15
per cent,

3+« The heat transfer characteristics on the gas side of the rocket noz-
zle wall were calculated from the experimentzl data and the results were

correlated by the equation

1/3
Map = 0.020 ReQ'E pr (1)

vhere the characteristic dimension in the Reynolds and Misselt mmbers is
the nozzle diameter, and the physical properties of the gas were evalu-
ated at the arithmetic mean film temperature. The sbove equation correliates
8 per cent of the experimental data points within +25 per cent (see Fig, 13).
4, The average of the experimental values of heat flux and wall tempers~-
ture obtained in the runs made at 600 psia chamber pressure, at stoichio-
metric mixture ratio, were compared with velues calculated from equations
obtained by three theoretical studies (1)(9)(51) and the afore-mentioned

correlation equation. The results are presented in Figs. 15 and 16. The




agreement between all of the equations and the experimental results is
goddsr The correlation equation is the best fit for all experimental
points except at the throat.. At the throat the equations of referénces
1 and 2 are more satisfactory.

5. The equation developed by Bartz in reference 2 (which assumes the
primary factor affecting the convective heat transfer coefficient is the
mass rate of flow per unit area end that boundary lasyer development plays
only a secondary influence) is recommended for calqulating the heat flux

and wall temperature. The equation is

0.8 0.1
p o= 2:02 2 %l |8l [m] O (2)
g 0% Pro.é _cf»-ms r, 4 10+9
. o

The nomenclature is defined in Appendix 1.

This eguation has some basis in theory in that the throat heat. trans-
fer coefficient (the most eritical point ) is matched to the more analyti-
cal analysis of reference l. On the basis of the experimental work re-
ported herein, the above-mentioned equation gives the best prediction of
the throat heat flux and elsewhere in the nozzle yields results which are
conservative in that estimates of the heat flux and wall temperatﬁres are
slightly high.

6. At 500 psia combustion pressure, in the rocket motor tested, the pro-
pellant combination WFNA-NHB gave a corrected specific impuise which was

92 per cent of the theoretical value based on frozen equilbrium conditions

end a characteristic exhaust velocity 92 per cent of theoretical., At 600
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psia combustion pressure, the corrected specific impulse and character-
istic exhaust velocity were 91 end 96 per cent of the theoretical values.
At both combustion pressures, the experimentsal thrust coefficient was 96

per cent of the theoretical values.
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APPENDIX 1

NOMENCLATURE

Speed of sound (fps) or function defined by equation 5.18,
Nozzle cross sectional area normal to the gas flow (inz).
Heat transfer surface area (inz).

Function defined by equation 5.19.

Function defined by equation 5.28.

Function defined by equation 4.47.

A constant, or function defined by equation 5,20.

Thrust coefficient.

Correction factor for liguid film coefficient due to passage curva-
ture,

Specific heat at constant pressure (Btu/ld F).
Specific heat at constant volume (Btu/lb F).
Correction factor for effect of pressure on gas emissivity.

Characteristic exhaust velocity (fps).
Function defined by equation 5.29.
Nozzle wall thickness (in).

lLocal nozzle diameter (in).

Helix diameter of coolant passage (in).

Brayton cycle efficiency defined by eguation 3.25.
Friction coefficient defined by equation L,.21.

Thrust (lbs).

F(x) Function defined by equation 4.4k (ftg/u fp527/7).




f{x), £'(x), g(x), g'(x)

spe

t
Ispc

<y

mw

Mok

Nu

NCMENCLATURE (Continued)

4430 and 4.38 (1/in, 1/in, inl/u. 1/in)

Acceleration due to gravity (32.17 ft/secz)

.1;

Coefficients of the differential equations

1

Convection coefficient (Btu/sec in2 F) and specific enthalpy (Btu/1b).

Definite integral defined by equation 5.15.
Definite integral defined by equation 5.,16.

Definite integral Il with coefficients b' and o!f
b and c.

Specific impulse (sec).

Specific impulse corfected for heat transfer snd deviations in

chember pressure (sec).

Specific impulse corrected for heat transfer (sec).

Colburn heat transfer factor,

Mechanical equivalent of heat (778 ft 1bs/Btu).
Thermal econductivity (Btu/sec in F or Btu/hr ft F);
Rediant beam length (ft or in).

Zero partial pressure radiant beam length (£t or in),

Characteristic length (in).

Hydraulic radius of coolant passage (in).
Moleculer weight (1bs/1b mole).

Mach number,

Dimensionless Mach number defined by equation 5.34.

Nusselt number,

replaced foir




Pr

q'l

Re

St

NOMENCIATURE (Continued ) L6

Nusselt‘number based on diameter, uncorrected for radiation,

Pressure (psia or psfa).

Water vapor partiel pressure (atm).

Prandtl number.

Heat transfer rate (Btu/sec).
Heat flux (Btu/sec in2).

Local nozzle radius (in or ft).

Throat radius of curvature (in).

Gas constant (ft/R or ft lbs/slug R).
Reynolds number,

Stanton number,

Temperature (R or F).

Total temperature y < /A (R or F).

Coolant temperature rise (F).

Component of velocity in x direction; y <f§; (fps).

Free stream velocity (fps).

Component of velocity in y direction; y < & (fps).

Volume of enclosure containing a mass of radiating gas (fts).

Effective exhaust velocity (fps).
Effective exhoust velocity corrected for heat trensfer (fps).

weight flow rate ()bs/sec).




NOMENCIATURE (Continued)

Coordinate parallel to nozzle wall (in or ft).

Effective starting point for thermal boundary layer (in or ft),
boundary condition on solubtion of equation fL.51.

Coordinate normal to nozzle wall (in).

Parameter defined by equation 5.17.

Recovery factor, nozzle divergence half-angle (o), or absorptivity.

Nozzle convergence half angle (o).

Specific heat ratio.

Velocity boundary layer thickness (in or ft).

Boundary layer displacement thickness, defined by equation 4.18,
(in or ft).

Thermal boundary layer thickness (in or ft).

Thermal boundery layer displacement thickness, defined by equa-
tion 4.25 (in or ft).

Emissivity.

Water vapor emissivity,
Wall emissivity.
Effective wall emissivity defined by equation 5.2.

Boundary layer momentum thickness defined by equation 4,17 (in
or ft).

Boundary layer shape parameter defined by equation‘u,36 or cor-
rection factor for nozzle divergence losses.

Dynemic viscosity (slugs/ft hr or 1bs/ in sec)




L
NOMENCLATURE (Continued )

Kinematic viscosity (ft2/sec).

Density (lbs/ft3 or slugs/ftB).

Stefan Boltzmann constant (Btu/hr ft2 Fh) or function defined by
equation J.57.

Time (sec) or shear stress (lbs/ftg).

Boundary layer energy thickness defined by equation L4.24 (in or
ft) or velocity coefficient.

Dissipation function (Btu/sec i 3).

Thermal resistance to heat flow (sec in? F/Btu).

P ] k}.)
Viscosity exponent defined by the relation AL T 7,

Subgeripts

a

aw

BL

ox

Ambient (as Pa).

Arithmetic mean (as T__).
am

Adiabatic wall (as T _ ).
aw

Bulk liquid (as TBL)'

' f

Convection or chamber (as q, or Pc).

" Based on diameter (as Rep and NuD),
L4
Fuel (as wf).
Gas (as h ).
( g)
Liquid (as hL).

Oxidizer (as wox)‘




NOMENCLATURE (Continued)

P Propellant (es wp). ,
[
r Radiation (as qr).
T Refers to total or isentropic stagnation state or total

resistance to heat flow (as F, orOT).

Th Theoretical (as C'%h .
w Wall (as Z’w).

we Gas wall (as ng).

by Based on x (as Rex or ,L\Tux).
o Conditions at x = o (as Mg) except L
oo Conditions in free stream y> 5 (as U, )

Superseript
* Conditions at M =1 (as &%), except C%, L*. g*, A%

and M*,




APPENDIX 2

FHYSICAL AND STATE PROPERTIES

OF THE COMBUSTION PRODUCTS OF WFNA - NEB

Since the Nusselt, Reynolds, and Prandtl numbers enter into heat
transfer calculations, it is necessary that the physical properties, vias-
cosity, thermal conductivity, and Prandtl number be known or estimated.
In eddition the state properties, pressure, temperature, end density must
also be determined.

For the correlation of heat transfer coefficients reported herein,
thermal conductivity and viscosity date werc extrapolated by means of the
equations used to calculete the tabulated values of reference 12, The
temperature limits of thermal conductivity and viscosity data, at 1 atm

Pressure, according to reference 12, are summarized in Table 1,

Table 1

Temperature Limits of Viscosity
and Thermal Conductivity Data at 1 atm

Component _715"__.__ k
H, 1520 F 800 F
m, 22140 1700
0, 3140 620
H,0 1520 980
(2240 F at
0.0l atm)

Values for the specific heat of the products are teken from reference 7

and cover the temperature range from 1340 to 5300 F., In the temperature
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region of interest, the effect of pressure on the above properties is
negligible.

The viscosity and therms2l conductivity of the products were deter-
mined by taking a weighted everage of the components of the gas., Although
more eleborate mixing rules exist (L), it was felt that uncertainties in-
troduced by extrapolation of the physicel properties to the higher temper-
atures would more than offset the additional accuracy obtainable with &
more exact mixing rule.

In the averaging of the properties it was assumed that the only com-
oL ot and HQO. Thermochemical cal~

culations in reference 7 showed that the concentration of the radicals O,

ponents of importance were H N., O
OH, H, NO, and N was less than 2 per cent over the mixture ratios
from l.4 to 3.0 for the WFNA-NH3 systems The concentration of the prod-
ucts of combustion are taken from reference 7 and are shown in Fige. 19 as
a function of mixture ratio. Values of the thermal conductivity, viscos~
ity, specific heat, and Prandtl number are plotted as a function of tem~
perature with mixture ratio as a parameter in Figs., 20, 21, 22, and 23,
The state properties, pressure, temperature and density in the noz-
zle passage were determined from the one-dimensional} isentropic, compres-
sible flow tables of reference 13 using the calculated value of chamber
total temperature and the experimental total pressure. The valﬁe of the
specific heat ratio at the combustion temperature varied from 1l.21 to 1l.24
over the range of mixture ratios l.4 to 3.0; therefore the tables of ref-
erence 13 for 7" = 1,20 were used, Of the above state properties the

most important in the analysis of heat transfer characteristics is the

gas static temperature, T, .
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As the heat transfer coefficient is based on the adiabatiec wall tem-
perature* and not the free streem static temperature, knowl edge of the
static temperature is not reguired for the evaluation of the film coeffi-
cient, hg. However, in evaluating the physical properties, viscosity,
thermal conductivity, and specific heat, some reference temperature must
be chosen., For the data and celculations reported herein, all of the
physical properties were evaluated at the arithmetic averasge of the wall

and gas static temperature.

% The adiabatic wall temperature is that temperature the wall
would assume if it were insulated,




APFPENDIX 3

EXPERIMENTAL DATA
Heat Trensfer

Calculation of Experimental Gas Film Coefficient

The methods employed by different investigators for determining local
heat transfer coefficients in a converging-diverging nozzle are reviewved
in the literature survey (5)(8)(9)(11)(17)19). The method adopted in
this program permitted the measurement of the local heat flux and coolant
bulk temperature in and out of a nozzle test section. It was not possible
in the adopted method to measure the temperature of the wall of the nozzle
or the gas total temperature,

To compute local values of the gas film coefficient from measurements
of the local heat flux, a thermal circuit with overall resistance, J”LT.
is considered. The overall resistance is related to the heat flux through

the relation

T
Nyp = = (3.1)

.

vhere q includes both the radiant and convective heat fluxe. The mea-
L]

surable quantities of equation 3.1 are the heat flux, gq , and the liquid

bulk temperature T which is the average of the temperature of the

BL’
liguid entering and leaving the section.
Since the coolant flow rate ard temperature rise are known for each

nozzle section, the heat flux may be obtained from the relation
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*
We AT
[} E
q. = A (3'2)
s
where As is the gas side heat transfer surface area.
The adiabatic wall temperature calculated from the expression
T, = To *(K(Tp-T,) (3:3)

where the recovery factor.(x\ ¢ is given by

3
K= =] & | (3.4)

was assumed to be the total temperature as the Prandtl number was between

0.97 and 1.03 over the range of run conditions encountered,

The total temperature was calculated from experimentally determined
values of the characteristic exhaust velocity, C% and the value of the
combustion chamber total temperature calculated by thermochemical methods.
According to reference 26, for a nozzle discharge coefficient of unity,

the characteristic exhaust velocity is given by the equation

T
223.0‘\’]55
C” = {Y*,_}. l (3..5)

AT D

It was assumed that variations in C* from theoretical values, based on

thermochem ical calculations, eculd be attributed to variations in the
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combustion temperature. Hence, the gas total temperature, neglecting heat

transfer losses, could be calculated from the relation

12
(]
To = || T, (346)
c Th
Th '

The determination of the actual characteristic exhaust velocity depends
only on experimental determination of the combustion pressure, propellant
flow rates, and nozzle throat diametcr. The actual total temperature,
computed from equation 3.6 was, on the average 88 per cent of the theor-
etical frozen equilibrium values of reference 7.

To calculate the gas film resistance it is necessary to resolve the-
total resistance into its component resistances. The total heat flux is
the sum of the radiant and convective heat fluxes. Hence, the total re-
sistance, fﬁlT’ consists of a convective gas film resistance in paralhﬂ
with a radiation resistance both of which are in series with the wall and

liquid film resistances, or

= "Q"g‘:'(}l‘ + f).w "'QL (347)

..( JII)
N, +0,

The quantities appearing in equation 3.7 are defined by the equa-

tions

Qg = o (3.8)
g

0, = & (3.9)
W




O = Tew Wg

(3411)

As the wall and ligquid film resistances are both functions of tem-
perature, it is necessary to calculate the gas and coolant side wall tem-

peratures, The gas side wall temperature may be determined from the rela-

tion
t Oy O |
we  Tew " 9 . : (3012)
+
(g T N
or
_ * LN
ng = Taw - (q - qI')-'-' Lg (3.13)

and the coolant side wall temperature may be computed from the eguetion

. N Or
N * 1y

-3

1

3
1

wl ~ aw * Oy (3.14)

As the wall thermal conductivity was evaluated at the average temperature

ng + TwL/2 end the physical properties appearing in the liguid film re-
sistance were evaluated at the average temperature TWL + TBL/2' an iter-
ative process was necessary to calculate the combination of the gas film

‘ end radiation resistances. A value for 'Q‘w and D‘L wag assumed and
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jflgiflr/[)_g *j"Lr was calculated; using these calculated and assumed

resistances, the wall temperatures ng and TwL were computed from
equations 3.12 and 3.1&; With these wall temperatures known, the average
wall temperature and the average liquid film temperature could be calcu-
lated. The wall thermel conductivity was then determined for the average
wall temperature and the wall resistance to heat flow was calculated from
equation 3.9. The liquid film resistance was evaluated at the average
ligquid film tempsrature (as explained in the next paragraph). Using these
second cpproximations for the wall end liguid film resistances the itera-
tive process was repeated until the agssumed and calculated values were
métched.

To facilitate data reduction, a generalized curve for the liguid
film resistance was plotted. Xreith and Summerfield (14 ) recommend that
for high heat flux densities the conventional Colburn eguation for hest
transfer in smooth tubes be useds The physical properties/AA . (7

end ¢ are evaluated at the average film temperature. The Colburn eque-

tion is
0.8 3
NuD = 0.023 ReD Pr | (3.15)
which can be rearranged in the form:
4/5
0.8
Ov Vi ooy M (3.16)
1/5 0.8 1/3 *
m e k Pr

The right hand side of equation 3,16 is a function only of temperature so

that a curve of (7 v h/S/ m1/5 may be plotted as a function of wall




temperature for a fixed value of liquid bulk temperature. A correction

factor, C is introduced to account for the coclant passage curvature.

HD
Hence, the liguid film resistance can be calculated from the equation

n o W s (3.17)
+ = 3.17
McAdams (16) recommends the following correction for curvature
= 1hm
Cy 1+ D, (3418)

where m is the coolant passage hydraulic radius and DH is the helix
diemeter of the coolant Passage. Since the coolant velocity was nearly
a constant throughout ell of the runs, the bracketed term of equation 3,17
was assumed constant for a particular nozzle test section. Figure 24
shows the liquid film resistancde parameter as a function of wall tempera-
ture for a coolant bulk temperature of 70 F.
In éummary. the calculation procedure for the reduction of the gas
film and radiation resistances is as follows:
1) Calculate the total resistance, D—T’ employing equation 3,1,
2) hssume a value for (7 ~ and (), end caleulate the resis-
tance ngﬂr/ﬂg *().p using equation 3.7,
3) Compute the gas side and coolant side wall temperatures fron
equations 3.12 and 3.14,
4) Evaluate the wall thermal conductivity from Fig. 25 at the

average wall temperature and recalculate () =~ Dby means of
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equation 3.9, (The thermal conductivity of type 321 stainless
steel was teken from reference 23),

5) Caleulate the liquid film resistance employing Fige 24 and
equation 3,17 and

6) Recalculate the resistance iflg_(lr /Jflg +1”Lr using equa-

tion 3.7.

Radiation Heat Flux

Employing the procedure previously described, the sum of the two
prarallel resistances O and f}_g could be determined. To separate
the radiation and convection resistances, an estimate of the radiant hest
flux was mede according to the method described in Appendix 5. It was
assumed that radiation was constant throughout the combustion chamber and
first three test sections., The computations indicated that in Sections 1,
2, ard 3, convection aceounts for an average of 85, 91, and 95 per cent
of the total heat flux over a range of combustion pressures 500 to 1000
psia and mixture ratios from l.4 to 3.0. According to the calculations,
the radiant heat flux varied from a minimum of 0.10 Btu/sec in2 at 500
psia combustion pressure and mixture ratio of l.42 to a maxinum of 0,34
Btu/sec in2 at 999 psia combustion pressure and mixture ratio of 2,20,

It was believed that radiation ian the throat (Section L) and Sections
5 eand 6 could be neglecteds Due to the rapidly changing area ratio at the
throat, the gas static temperature decreases and the convective film co-
efficient (sensitive to changes in the mass flow rate per unit are@ rises
quite sharply. In addition, the radiant heat flux is proportional to the

area normal to the radiating gas in the ocombustion chamber eand conseguently
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the convex throat surface would receive less radiation, For the afore-
nmentioned reasons, it seems reasonsble that radiation could not account
for more than 2 per cent of the throat heat flux. 1In the divergence cone,
radiation is also greatly diminished due to the lower gas temperature,

To separate the convective and radiation heat fluxes it is' noted that

the total heat flux is given by

e = g9, t g (3419)
or
]
q 1
I
- = 1-%4F (3.20)
q q

Therefore, the Nusselt number for convection could be calculated from the
measured value of the combination of radietion eand convecticn resistances,

by the equation

Q O “n
Mo, = |1--% O (g LkD] (3.21)

The calculated radisnt heat flux is presented in Fig. 27 (Appendix 5) as
a function of mixture ratio for combustion pressures of 500 and 600 psia.
As indicated in Appendix 2, the physical properties appearing in the
Nusselt, Reynolds, and Prandtl numbers were evaluated at the arithmetic
mean film temperature.
Tgble 2 illustrates the procedure employed to calculate local values

of the Nusselt number for convection from experimental measurements of the




heat flux. As indicated earlier, an iterative process was necessary;

however, in Teble 2, the iteration process was omitted and the correct
values were assumed initially. The total resistance to heat flow, wjjmT,
was computed from equation 3.1. For this run point, the adiabatic wall
temperature (assumed to be the total temperature) omputed from equation
3.6 was Ty = 3900 F. The liquid bulk temperature was T = 80 F.

The experimental heat flux for the combustion chamber and each noz-
zle section are given in Table 3. 1In addition, the calculated wall tem-
peratures, Reynolds, Prandtl, and Nusselt numbers‘(corrected for radia-
tion) are also presented., Nusselt numbers for the combustion chamber were
not calculated.

Heat transfer results for Run 8 are omitted due to a failure of the

thermocouple instrumentation system,
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Table 3

Summary of Experimental Heat Trensfer Data
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Run 4
Section Ch 1 2 3 L 5 6
q 1.57 1.6y 233  heBL  5.85 2,53 2,48
Tvg 755 693 88l 1355 1585 879 949
Nu, —_— 653 702 1105 1065 635 935
Rey — 3.39(10)5 L.56 6420 8.70 8,50 5495
Pr 1,014 1,017 1,023 1,026  0.984  0.972
q" 1.36  L.47 2,26 Le53  5.88 2,72 2,32
ng 681 641 868 1312 1615 930 895
Nup, —_— 623 732 1105 1184 743 959
Rey . 3.55(10° 476 636 8,84 B 6.55
Pr . 1,018 1,021 1.026 1.075 0.995 0.981
q 143 1.67 2051 478 645 287 . 2uh
ng 706 734 978 1406 1788 1034 976
Nug — 73 811 1150 1305 721 933
Re, 37810 he99 6,75 9.18  7.83  6.06
Pr 1,027 1,028 1,030 1,030 1,019 1,008
Point o/F P, T q:
2 ol e o o
3 2.2 500 3930 0422
Notes Temperatures _have the units-F.  Heat fluxes have the units -

Btu/sec in% Combustion pressures have the units - psia.




3

Table 3 (Continued)

Run 5
Section Ch 1 2 3 L 5 6
g 1.30  1.38 2,15  he22 6,35  2.78 2.2
ng 657 620 838 1231 1683 940 880
Nu 642 724 962 1410 806 98
Re '3.06(10)5 L5 6420 £.07 Te99 6,20
Pr 1.020 1,019 1,024 1,025 0.993 0.979
q 1.29  1.50 235 L3l 6.61 2,90 2.3
ng 659 653 903 1246 1729 960 917
Nup 723 873 1178 1621 895 1094
Re., 3.42(10)5 Le52 6,28 8,46 8401 6,20
Pr 1.018 1.022 1.02) 1,025 1.003 0.982
q 1,28 1.48 2,33 3,96  6.51  2.89  2.26
ng 646 638 880 1189 1721 971 882
Nu, 715 857 1060 1610 895 1052
a 1.28  1.43 2,14 5u5h - 5.75  2.88 . 2,11
f : ng 659 630 837 1096 1582 972 848
Nup 780 885 1045 1555 992 1097
[ Re 3.67(10)5 4«93 6497 8.80 8.45 6.87
Fr . 1.011 1.015 1,022 1.024 0.997 0.978
l . ,
Point 0o/F F, T a4,
} 2.22 L76 3620 0.21

1.97 486 3500 0.19
491 3375 0.17
1.59 492 3135 Cell

£SO N -
ot
[ ]
[02]
o




Table 3 (Continued)

Run 6
Section Ch 1 2 3 4 5 6
q" 1.5 1.55 248 413 552 248 2.3
ng 45 S 920 1227 1528 848 931
Nup, — 585 723 870 969 597 889
Re, L 3u5(10°  B59 651 B.90 8,75 6.1
Pr 1,022 1,025 1,027 1,027 0,997  0.986
q 1,39 1.43 2,29  3.87 B2 2435  2.32
ng 692 628 77h 1150 1511 850 906
Nuy . t:) 713 872 1007 587 926
Rep, . 3.62(10}5 .88 6,83 9431 8.87 v6,7o
Pr —___ 1l.019 1,024 1,025  1.024  0.998  0.982
q 128 1.37 2.6 3.2 h67 1,96 2,01
ng 651 608 94 1015 1370 740 865
Nup) — 659 794 833 1000 589 932
Re —_— 3.83(10)5 5416 740 10.0 9.91 7405
Pr - 1,013 1,017 1,020 1.019 0,983 0.976
Point 0/F E, T q;
> 2R & 2
3 2,92 509 3500 0.17




Table 3 (Continued)

>

Fun 7
Section Ch 1 2 3 4 5 6
q 149 1.7 248 407 7415 3.23 2,34
ng 685 680 890 1188 1797 987 872
Nup o 732 802 945 1542 886 963
Re, _3.28(200° Ll 6,08  7.91  7.87  6.24
Fr . 1.020 1.022 1.026 1,027 0,998 0.981
q 146 1.69 236 3.62 6,78 3,15 2.3
e 714 707 895 1107 1758 1047 896
Nuy — 797 841 888 1568 929 1010
Re, _2.88(20° ha72 5,34 8,20 10,9 6,40
Pr  l.014 1.016 1,023 1.024 0.993 0.977
q 1.23  1.46 1.93 2,88 5.66 2,68 1,94
ng 632 637 766 931 1538 925 782
Nu 889 861, 888 1456 1007 1084
Rep, o 3.80(10)5 5e19 7455 9.06 8483 712
Pr - 1.002 1,004 1,007 1.013 0,981 0.964
, "
Point 0/F P T a,
1 2,06 495 3800 0.21
2 1.74 507 3460 0.16
3 1.42 501 2930 0,10




Table 3 (Continued)
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Run 9
Section Ch 1 2 3 4 5 6
1]

q 1.21 1.29 2.21 Lelb Te94 4433 2.60
ng 620 579 850 1212 1959 1292 977
Nu, 465 638 903 1622 1145 1000
Rey . hoOW10P 535 b2 907 835 7.5
Pr 1,020 1,023 1,026 1,028 1,006 0.986

q" 1,10 0.99 1.88 4,03 6.78 Lel3 244
ng 577 1480 762 1204 ., 1791 1261 938
Nu, 3w 537 879 1318 1096 946
Re, B46(10Y  5.88 6,57 10,2 9,02 775
Pr o 1,018 1.022 1.026 1,027 1.005 0.984

q 0,97 1.0l 1.80 3.77 6.3 3473 2,21
ng 526 483 729 1138 1707 1172 873
Nu —_— 7 598 955 W77 1148 987
Re, u.81(1o}5 641 8.67 11,0 9.92 8,56
Pr 1.012 1.017 1.022 1.025 0.998 .  0.978

1]

Point O/F P, Tow q.
1 2,11 601 3920 0e25
2 2.68 621 3900 0,22
3 626 3585 0420




Table 3 (Continued)

Run 10
Section Ch 1 2 3 4 5 6
g 1.1 1.31 205  he55 8417 43l 2.51
TQg 583 588 805 1298 2014 1291 953
Nu 487 598 1036 1772 1176 989
Re,) 4.15(10)5 5.61 T U7 9424 8.61 T.42
Pr _ 1.019 1.016 1.027 1.029 1.006 0,98l
q" 1008 1,22 2,00 11-0211- 7058 ll.olo 201-[.7
ng 568 557 793 1246 1918 1255 47
Nu 452 570 909 1528 1064 931
Re, 116(10Y°  5.59 753 9.3h 8,65 7.3
Pr 1.017 1.021 1,025  1.027 1,003 0,983
Q' 0,98  1.05 179 bk 6435 3,81 2.3
i ng 532 500 730 1221 1687 1184 911
Nup e 588 1030 1404 1137 11018
Re, Bol5(10%° 5,94 7.82 10,1 9.1 7,70
l Pr . 1,010 1,014 1,021 1.023 . 0,996 0.977
t q 0.92  1.33 2420 4458 758 Loli6 2469
ng 507 593 847 1311 1901 1326 1003
! Nu, L77 627 1007 1493 1172 1023
Rep 0 h1(20)5 59 Teh3 9T B9 7.50
l Pr 1.020 1.023 1,027 1,028 1.007 0. 0RA
[ Foint O/F P, - q;
1 217 612 3860 0.25
} 2 1.75 623 3760 0.18
3 1.53 62l 3440 0.1k
L 2.20 616 3940 0,26




78

Table 3 (Continued)

Run 11
Sect ion Ch 1 2 3 L 5 6
q 122 1.32 221 377 577 3479 2.26
ng 626 593 713 1157 1622 1189 891
Nup, —_ 555 725 940 1244 1136 968
Re, — a.01(1o)5 5675 772 10,1 8.76 7456
Pr . 1l.015 1.017  1.023  1.024 1,00 0.979
qQ 1.37 1,38 229 3,81 5.77 3497 2433
ng 678 602 866 1157 1584 1218 907
Nu . 624 800 954 1149 1205 1032
Re, 3010 549 8.00  10.4  8.89 7,71
Pr — 1005 1,010 1,016  1.023  0.992  0.972
q 1,25  1.26 1,90 3411 Lk .48 213
Ve 3¢ 573 773 981 1333 1093 843
Nu, . 676 737 880 1080 1231 1093
Re, BGL(10Y 6,16 8,89 11,8 9.96 8433
Pr _— 1.004 1.008 1.012 1,012 0.988 0,969
q 1,19 1.30 2,15  346h  5.85 3.9 2,28
ve 615 584 835 1098 1585 1203 887
Nup . 485 631 778 1070 1039 880
‘ Re,  __  ho05(10° 5,39 7.69 10,1 9.95  7.45
' Pr . 1.019 1.023 1,025 1.026 1,004 0,983
f
l Point o/F Pc Taw q,
1 1.97 59 3630 0423
| 2 1.67 622 3580 0417
’ 3 1.40 627 3L 0,12
L 1.97 608 3890 0.23




Table 3 (Continued)

Run 12
Section Ch 1 2 3 I 5 6
q 146 1,51 2.57  3.87 6,30 3,10 2,13
ng 712 6119 955 1153 1683 1022 8L6
Nu, - 608 820 875 1248 825 855
Re,) - 3.82(10)5 5.02 4.81 9,46 8494 7.30
Pr 1,019 1,023 1.025 1,026 0.998 0,981
e L.5h .64 2094 h38 W30 8.6k 2,32
Tua 745 694 1048 1254 1858 1143 899
Nu, — 696 1010 1060 162y 1037 963
Rey, . 3.96(20° 5.k 7.5 938 897 Tu5
Pr 1,018 1,023 1,025 1,027 1,000 0,981
g L5059 2,72 393 654 347 2.2
Teg 731 681 990 184 1733 1102 881
Nup — 690 917 936 1395 981 937
Ry  __  he3(10Y 536 T8 9.9 9.28 7Tk
Pr . 1.016 1.023 1,024 1,026 04999 0,980
q 1.35  1.51 2053 352 5490 3421 2,02
ng 677 650 ol 1093 1610 1049 822
Nup, —_— 682 907 887 1322 950 894
Re,, - 4.28(10)5 5463 8.31 10.6 9.81 8,11
Pr ____ 1l.015 1,020 1,021 1,023 0,995  0.977
L)
Point o/F Pc Taw a4,
1 2437 562 3800 0.23
2 2421 586 3720 0424
3 238 596 3715 0423
L 2,61 595 3575 0.22




Table 3 (Continued)

Run 13
Section Ch 1 2 3 L 5 6
q 170 1,63 2,83  hok3 6,70  3.82 2,58
ng 8ol 691 1019 1278 1758 1183 969
Nu 665 923 1057 1387 1071 1050
Rep, . u,31(1o)5 5.81 8.06 10.5 9,70 9,08
Pr —___ l.019 1.024, 1,026 1,027 1,002 0.983
Q" L7l 1.87 3,07 he59  Te25 b5 2450
ng 807 761 1074 1308 1855 1252 952
Nup 770 1010 1088 1534 1166 1020
Rep,  hLe57( 10)5 5,98 8,67 1.1 10.1 8459
Pr. — 1,022 1.025 1,026 1.027 1,004 0.983
Q" 1,77 2,02 3.21 L.63 7.83 4e31 2,67
ng 828 805 1111 1318 1928 1285 1002
Nu, . 810 1010 1048 1853 1162 1041
Rep) - u.7u(1o)5 6.28 9.11 11.5 10,6 8,91
Pr 1,023 1,026 1,027 1,018 1.006 0,986
Q' 1,78 213 330 hS9 TeBh bbO 2.7
ng 832 861 1141 1518 1934 1310 1014
Nuy 827 1100 1092 1724 1253 1119
Rep, - 5.02(10)5 6,66 9.77 12,3 11.7 946
Pr . 1.022 1.026 1,026 1,028 1.005 0.985
"
Point O/F P, - q,
1 2,16 bL7 3781 0,26
2 2423 698 3800 0,28
3 2417 752 3888 0429
4 2421 793 3792 0e31




Table 3 (Continued)
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Run 14
Section Ch 1 2 3 L 5 6
q 169 1,79 2,60 3,79 6.5 3.87 254
ng 801 743 969 1083 1725 1201 966
Nu, 793 897 943 1487 - 1187 1136
Re,) 5.30(10)5 7412 10.6 13.1 11.8 972
Pr 1.017 1,021 1,022 1.025 0.999 0,981
q" 1.99 2.24 3,16 4439 7.69 he32 2.76
ng 900 872 1098 1276 1810 1367 1020
Nug 982 1061 1065 1983 1279 y7¢
Re,) 5.67(10)5 7460 11.2 12.9 11,0 8.16
Pr 1.021 1,024 1,026 1,029 1.006 1.004
q 2.1 2,38 3038 459 TW67  Lheb2  3.03
ng L7 911 1157 1312 1882 1347 1082
Nuj 1018 1115 1085 1646 1309 1253
Pr 1.023 1.025 1,026 1,028 1.006 0,986
Point o/F P, T q;

774 3600 0.30
885 3730 0433
999 3800 034
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Performance

The experimental performance data tabulated in Table 4 were calecu-

lated from the following equations (26):

I = (3.22)

w

cr = —— (3023)

P T AT (3424)

Specific Impulse Correction

Values of the specific impulse corrected for heat transfer are also
presenteds A heat transfer correction for the specific impulse is neces-
gary whenvdata obtained with a low thrust motor are to be applied to a
high thrust motor, In the latter case, the amount of heat transferred
per pound of propellanx is much less due to the smaller surface to volume
ratio.

There are two types of heat transfer correcticns: an adiabatic cor-
rection and a regenerative correction. In both corrections it is assumed
that the heat transferred to the coolant water in the experimental motor
could have been utilized to increase the jet kinetic energy of the exhaust
gases, As not all of the heat lost to the coolant water can be converted

to jet kinetic energy scme efficiency of energy conversion must be chosen.




In the regenerative correction that efficiency is

p1 "
e = 1- ;‘] (3425)

For the adiabatic correction the efficiency is of the same form as equa-
tion 3425 except that the local pressure at which each unit of heat was
transferred is substitut ed for the combustion pressure, Po. It is ap-
varent that the regenerative correction is always higher then the adia-
batic correction, The correction reported herein is the regenerative cor-
rection, The corrected specific impulse is the specific impulse that
would be obtained if the experimental motor were regeneratively cooled.
The derivation of the specific impulse correction is given below.
According to reference 18, an energy balance on one pound of combus-

tion gas gives:

v"’ec vi o
2e7 2g7 . (3.26)
p
or
Vi, = Vo« Fied (3427)
p
Using the relations:
. v
- e
Lp = &  (3.28)
v
] = ...ei_.c.
e = (3429)




The specific impulse, corrected for heat transfer, becomes

I, = -\jxip 2o 8 (3.30)

W
p

It was not possible to operate the motor exactly at the selected
value of chamber pressure, Consequently, it was necessary to meke a cor-
rection for experimental devia tions in the chamber pressure from the nom-

inally selected run conditions. From the thermodynamic relation (26)

T -1
e m
T . P
¢ 21 ,
Ip = 6493 A@Jn}; \}“5;‘:'1 - [‘g)ﬂ (3.31)

it is seen that for constant )\ .(;6’ R AN

c
and - the chamber presanre
correction is given by

mur

W -1
- .;Pami "
\ 1 - =
i en/
Nl
T A
- o
C

Substituting equation 3.25 into the above ratio girves the following ex-

pression for the pressure correction:




where Pcn is the nominaslly chosen chamber pressure (either 500 or 600

psia)e Hence, the corrected value of the specific impulse is the product

of the chamber pressure and heat transfer eorrections, or

-

Ispc '\

. g7
1 - EZL. ° +2Je g
P —lsp g
— Len, \ W
e

which can be rearranged in the ratio form

8pbe

ot st et st

c

Isp

e

Y1
P T
a_

)
“en.

2Je  q_
2 0w
gISp p

l +

(3432)

(3433)

To illustrate the relative megnitutde of the specific impulse correetion,

%
the first run point of run 4 is cdiosen as en example, The data are

O/F = 2442

P, = 506 psia

Eg =  1llie); psia

F = 214 ibs

i, = 0,980 1bs/sec
q =

from Table 2)

88,45 Btu/sec (sum of local values

® As previously noted the
run. The results at each mixture

run consists of three or four run points,

mixture ratio was varied during each
ratio is called a run point.

Thus a




T = 1,213, (reference 7)

From equation 3.22, the experimental specific impulse is

I = 2l 218,4 sec

‘SP 00980

From equation 3.25,

0,213

N 1,213
e ® 1 =~ k%%éé} = 0.&65

Using equation 3.33, the ratio of the corrected to the measured specific

impulse is
0.213
il 14213 n
Tope __\1 - L 506 [+ 2(7780(0.165) 8845 _ | oo
sp 0.485 d 3217(218,4)% 0,980

Hence, the correction increases the experimentally determined value of

specific impulse by 2.1 per cent, The corrected value is

Ispc 1,021 (218,4)

223 sec

The experimentally determined values of combustion pressure, thrust,
oxidizer and fuel flow rates and the performance parameters, calculated
from equations 3.22, 3,23, 3.2k, and 3.32 are tabulated in Table 4 for

each run point.




Run
No.

10

11

12

13

1y

"~ ‘Run
Duration
min:sec

3:59

4:01

L:00

3:32

3222

L:05

L:00

4310

3:19

32440

psia

506
502
500

477
4,86
491
h92

52k
519
509

495
507
501

578
578
580
601
621
626

612
623
621
616
595
622
627
608

562
586
596
595
647
698
752
793
774
885
999

F
1bs

214
211
211

196
202
202
202

220
219
215

207
215
210

239
239
2410
250
255
256
257
261
261
256

247
260
261

253

235
249
253
251

269
29]
319
337

32
380

433

Table 4

Tabulated Performance Data

ox
1bs/sec

0.691
0.724
0.661

0,64
0,626
0,612
0.591

0,716

04752
C.785

0.635
0.614
0.583

0,763
0.820
0.866

0.769
0,881

0.952

0.799
0.733
04709
0,800

0,759
0727
0,703
0,766
0.784
0.823
0.867

0.850
0.930

0.979
1,050

1.054
1,180

1.322

Wf

lbs/sec

0.286
0.276
0,293
0,291
0,219
0.340
0,372
0.284

0.274
0,265

10,308

0.353
Oelt11

0.358
0e340
0.332
0.364
04329

00321

0.368
0,418
0.462
04364
0,386
0,436
0.502
0.383

0.323
0.355

- 0,346
- 0,332

0.394
0,417
0,451
0,475

0 1475
0.536
0.602

W
P

1bs/sec

0.980
1,000
0.954

0.935
0.945
0.952
0,963
1,000
1,026
1,050

0.943
0,967
Oy99h

1.121
1,160
1,198

1.133
1.210

1.273

1.167
1.151
1.171
1.164

1.145
1.163
1.205

1,137

1.089

1.139
1,169

1.199

Cl.244

1.347
1.430
14525

1.529
1.716
1.924

o/F

2,42
2,63
De2ly

222

1.97
1.80

1.59

2453
2+ 75
2,92

2,06

174
Clah2

2413
2.41
2.61

2.11
2.68

2.97
2e17
1.75

- 1.53

2¢20
1.97

- 1.67

1.40
1.97
2e37
2,21
2.38
2461

216

2423
2.17

L2421

2422
2420

2420




Run
No.

10

11

12

13

n

1.430
1,419
1.425

1.410
1.420
1406
1.408

1.#30
1.435
14435

1.418
1.436
1.428

1.410
l.410
1410

1.410
1,396
1.393

1.427
1.420
1.420

1.410°

1,410
1417
1.415
1.417

1.420
1.440
1440
1,440

1,416
1.434
l.442
1.447

1,450
1,460
1.470

C#*

fps

4917
4778
4975

4790
4830
4840
4790

4950
4780
4,580

4970
4930
4760

4870
4710
b580

5020
4850
4640

4960
5090
5030
4990

4910
5040
1920
5050

4870
4,860
4817
4685

4916
4899
4,968
491y

4785
4872
4905

Table 4 (Continued)

ISp

8ec

218.4
211.0
2205

210,0
213.5
212,0
209.0

220.3

213.5
202.5

219,5
222,0
211.5

213.0
206.0
200.0

221,0
210,5
201,0

220.0
22642
222,2
220.0

216.0
223.5
216.3
222.3

216,0
219,0
216.3
209,7
216,0
218,0
223,0
221,0

215.5

235

225,0

Ispc

sec

223.0

21347
22342

215.4
218,5
216,5
21340

20h.5

2175

20605 '

223.5
226.5
215.5

218,5
209.0
202.5

22345
213.5
20440

223.5
229.0
221,.0
222,5

218,0

2275
218,0

225,0

219.9
222.4
21949
213.1

220.8
222,5
226,48
22,9
218,8

22542
228,6

88

Comments

Good run

Rough combustion at low-
est mixture ratio
point

Good run

Rough combustion at
second point

~ Shutdown for acid leak in

propellant cubicle

Good run

Good run

Rough combustion at low-
est mixture ratio

Repeat of Run 8.
Good run

Good run

Good run

Note: Run 1 was checkout run for first sectional nozzle,
Runs 2 and 3 were checkout runs for second sectional nozzle.
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